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SUMMARY 

The  Busemann  third— order  approximation  for  two-dimensional  isentropic 
flow  was  used  in  suitable  conjunction  with  three-dimensional  solutions 
found  hy  the  linearized  theory  to  determine  analytically,  for  sman  angles 
of  attack  and  control  deflections,  the  control— surface  characteristics  of 
partial-span  constant-chord  flaps  on  rectangular  wings  having  finite 
thickness. 

The  control  surfaces  were  considered  to  extend  either  outboard  from 
the  center  line  or  Inboard  from  the  wing  tip.  Althouf^  only  flat-sided 
control  surfaces  were  treated,  the  general  method  can  be  extended  to 
control  surfaces  having  cuinred  sides. 

Equations  were  found  for  the  lift  coefficient,  rolllng-niioment  coef¬ 
ficient,  and  hinge-moment  coefficient  due  to  control  deflection,  and  for 
the  pitching-moment  coefficient  due  to  flap  lift.  The  effect  of  thickness 
was  shown  to  be  given  by  a  single  factor. 


INTRODUCTION 


Much  work  has  been  done  on  three-dimensional  control— siirface  char^ 
acteristlcs  by  using  the  linearized  equations  of  supersonic  flow. 

(See  references  1  to  4.)  In  reference  5 j  two-dimensional  control- 
surface  characteristics  were  found  by  the  use  of  more  exact  methods. 
Althou^  references  1  to  4  characteristically  show  no  effect  of  airfoil 
thickness,  reference  5  shows  that  the  effect  of  thickness  Influenced 
the  control— surface  characteristics  when  hl^er-order  terms  were  taken 
into  account.  In  the  present  paper,  the  Busemann  third-order  approxi¬ 
mation  for  two-dimensional  isentropic  flow  is  used  together  with  three- 
dimensional  solutions  found  by  use  of  the  linearized  theory  to  determine 
the  characteristics  of  partial-span,  constant-chord  control  surfaces  on 
rectangular  wings  having  finite  thickness.  The  method  used  to  combine 
the  two  types  of  solutions  consists  of  multlpiylng  the  pressures  found 
from  the  linearized  theory  by  a  factor  such  that  in  a  region  of  two- 
dimensional  flow  the  pressure  is  made  equal  to  that  found  from  the 
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Busemann  third-order  approximation.  Simple  expressions  are  fovuad  for  the 
lift  coefficient,  rolling-moment  coefficient,  and  hinge-moment  coefficient 
due  to  control  deflection  and  for  the  pitching^noment  coefficient  due  to 
flap  lift . 

The  resTilts  are  subject  to  all  the  limitations  of  the  third— order 
approximation.  '  Some  discussion  of  these  limitations  is  given  in  refer¬ 
ence  6.  Additional  errors  are  introduced  by  the  combination  of  two  theories 
having  different  'degrees  of  approximation.  Boundary-layer  effects  have 
been  neglected. 


SYMBOLS 


Df. 

c 

c 

Cf 

Cf 

Cl  = 

C2  H 

Co  = 


vlng  aspect  ratio 

ving  span 
flap  span 

wing  chord 

wing  mean  aerodynamic  chord  (c) 
flap  chord 

flap  root-mean— square  chord  (c^) 


]{m^- 


(y  +  1)M^  -  h(M^  -  l) 

2(m^  -  l)^ 


6(m2  -  i)'^/^ 


(y  +  1)M®  +  (272  -  77  -  +  10(7  +  1)M^  -  12M^  +  8 


m 


lift  coefficient  (  — 

qS 


pitching-DLoment  coefficient 


/  M  ^ 
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rolling-Hiioment  coefficient 

hlnge^oment  coefficient 

llfting-pressTn:*e  coefficient 

hinge  moment  of  one  flap 
hinge  moment  over  inhoard  comer  of  one  flap 

hinge  moment  over  tvo-dimensional  part  of  one  flap 

hinge  moment  over  outboard  comer  of  one  flap 

lift  of  two  flaps 

rolling  moment  of  two  flaps 

free-stream  Mach  number;  pitching  moment  of  two  flaps  about 
midchord  of  wing 

lifting  pressure 

local  static  pressure 

free— stream  static  pressure 


a 

S 

Y 


free— stream  dynamic  pressure 

wing  area  (be) 
free— stream  velocity 


x^y  Cartesian  coordinates  parallel  and  normal ^  respectively,  to 
free— stream  direction 


7  ratio  of  specific  heat  at  constant  pressure  to  specific  heat  at 

constant  volume  (l,40  for  air) 
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angle  of  flap  deflection 
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9  angle  of  surface  -with  respect  to  free  stream,  positive  when 

direction  of  flow  Is  toward  surface 

V  =  ^ 

X 


p  free— stream  density 
0  trailing-edge  angle 
Subscripts; 

6  partial  derivative  of  coefficient  with  respect  to  5,  taken 


at  6  =  0  example :  ^ 

\  ® 


86 


6=0 


Cl 

00 

U 

2 

av 


partial  derivative  of  coefficient  with  respect  to  taken 

at  6  =  0 

t  wcH-dimens  i  onal 

upper  surface 

lower  surface 

average  value 

All  angles  are  in  radians,  unless  otherwise  specified. 


AITALYSIS 


The  control-surface  configurations  investigated  are  shown  in  figure  1. 
The  only  limitations  on  the  airfoil  section  are  that  the  flap  must  have 
flat  sides,  the  section  must  he  symmetrical  about  the  chord  line,  and  the 
leading-edge  angle  must  be  small  enough  so  that  the  shock  wave  is  attached. 
Because  the  pressures  over  certain  parts  of  the  Inboard  and  outboard  flaps 
are  identical,  both  cases  are  treated  in  this  paper. 

The  angle  of  attack  and  the  control  deflection  are  assumed  to  be 
small,  and  the  chordwlse  gaps  between  the  wing  and  the  flap  are  assumed 
to  be  sealed.  The  additional  assumption  is  made  that  the  effects  of 
angle  of  attack  and  control  deflection  are  mutually  independent  and  can 
be  superposed.  Although  this  assumption  is  not  strictly  true,  it  is  a 
good  engineering  approximation  for  the  small  angles  considered. 

The  control-surface  characteristics  to  be  found  are  as  follows: 
lift  coefficient  due  to  flap  deflection 
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rollingHuoment  coefficient  due  to  flap  deflection 

Cjig  hinge-moment  coefficient  due  to  flap  deflection 

Cmn  pitching-moment  coefficient  (about  the  midchord)  due  to  flap 
lift 

The  only  information  req_ulred  to  find  these  coefficients  is  the 
pressure  distribution  due  to  flap  deflection,  which,  within  the  limita¬ 
tions  of  the  present  analysis,  is  independent  of  the  airfoil  section  so 
long  as  the  flap  is  flat  sided.  To  find  the  hinge-moment  coefficient 
due  to  angle  of  attack  would  req^ulre  a  knowledge  of  the  pressure 
distribution  due  to  angle  of  attack,  which  would  be  a  function  of  the 
airfoil  section.  Even  for  a  particular  airfoil  section,  this  pressure 
distribution  cannot  be  found  to  the  same  degree  of  approximation  as  the 
pressure  distribution  due  to  flap  deflection  by  using  the  assumptions  of 
the  present  analysis.  In  order  to  preserve  the  generality  of  the 
analysis,  the  equations  for  this  coefficient,  therefore,  have  not  been 
derived. 

Pressure  distributions.—  The  aforementioned  coefficients  are  easily 

determined  if  the  pressure  distribution  due  to  flap  deflection  is  known. 
In  the  region  between  the  Mach  cones  from  the  comers  of  the  flap,  the 
flow  is  two-dimensional.  Then,  according  to  the  Busemann  third-order 
approximation  to  isentropic  flow. 


=  +  C20^ 


If  the  angles  are  considered  positive  for  compression  and  negative  for 
expansion,  then  from  figure  1(c) 
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The  net  llfting-preasure  coefficient  is  then 


P  ^11  _#  Q  ^  o 

Cp  =  q  - • - —  =  2Ci6  -  2C280  +  2C383  +  1 


=  25^01  C20  +  J  ^  20^63 

Within  the  Mach  cones  from  the  comers  of  the  flaps ^  the  pressure  varia¬ 
tions  have  "been  previously  determined  by  use  of  the  linear  theory  (refer¬ 
ences  4  and  7)«  In  the  present  analysis  the  shapes  of  the  pressure 
distribution  inside  the  tip  Mach  cones  are  assumed  to  be  identical  to 
those  found  by  use  of  the  linear  theory,  but  the  ordinates  are  multiplied 
by  a  constant  factor  such  that  the  value  of  the  pressure  at  the  inner 
limit  of  the  Mach  cone  equals  the  two-dimensional  pressure  found  by  use  of 
the  third— order  approximation.  The  pressure  distributions  over  both 
Inboard  and  outboard  flaps  are  shown  in  figure  2,  together  with  the  equa¬ 
tions  for  the  pressure  variation. 

Perlvation  of  control-surface  characteristics,-  With  the  pressure 
distributions  known,  expressions  for  the  control— surface  characteristics 
may  be  obtained  by  following  the  procedure  of  reference  3.  For  the  sake 
of  brevity,  the  derivation  of  only  one  of  these  characteristics,  for 

outboard  flaps,  is  given. 

Over  the  two-dimensional  part  of  a  flap  the  lifting-pressure  coeffi¬ 
cient  is  given  by 

Cp  =  28 (Cp  -  C20  +  I  +  2038^ 

and 

=  2(0^^  -  C20  +  c;30^^  +  6038^ 

At  5=0, 

=  2(01  -  C20  +  1  0302) 
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Over  the  two-dimensional  part  of  one  flap. 


Over  the  inhoard  comer  of  the  flap,  the  average  lifting-pressure  coef¬ 
ficient  is  given  by 


Then,  because  the  flow  is  conical,  the  center  of  pressure  in  this  region 
is  at  Cj.  and 


-  2(0^  -  020  +  J  0302^  (1  -  I  Cf  ^ 


=  -L  .  3  n  ^2\  /I  l\  2Cf^ 


-\pl  -''C20  +  J  030“^^  “  K 
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Over  the  outboard  comer  of  the  flap^  the  average  pressure  is  one~half 
the  two-dimensional  value.  Then^  because  the  flow  in  this  region  is  also 
conical  j 


-  -(ci  -  *  I  <=3^)  I  Cj.  ^ 

”  -(ci  -  <=2^  +  I  ^ 


Over  the  entire  flap^ 


'=21*'  *  I  <=3l>") 

<=21*  *  I  O^f) 


1,  Cf^  2Cf^ 

3  T"  IT  ~  3^  ^ 

I  Cf3  2Cf3\ 

3  ~  ~  3^ ) 


Dividing  ty  gives  the  coefficient 


-(Cl  -  C20  +  I  C30= 


It  +  2 

3ttp  hf.y 


Since 


2ll  =  2£  2.  k_  = 

bf  c  b  bf  Abf/b 


It  +  2  cf/c\ 
3)tPA  bf/b  y 
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or,  since  Ci  =  — , 


=  -  f  (1 


I 

-  ^  ^  +  3  £3  ^  £_i_2  •tsJl 

^1  ^  J  \  3PA  It  bf/b 


DISCUSSION  AND  CONCLUDING  KEMARKB 


The  final  equations,  which  were  derived  in  a  fashion  similar  to 
that  of  the  preceding  example,  are  presented  in  tables  I  and  II. 

Included  in  these  tables  is  the  range  of  applicability  for  each  equa¬ 
tion;  the  limits  were  determined  by  the  method  described  in  appendix  C 

of  reference  L.  Note  that  the  original  equations  for  Ci,^  have  been 

0 

extended  to  include  a  wider  range  of  ratios  of  flap  span  to  wing  span. 

These  extensions  were  derived  in  a  manner  similar  to  that  used  in  appendix  D 
of  reference  L.  As  an  illustration  of  the  application  of  the  equations, 
control-surface  characteristics  calculated  for  two  particular  configura¬ 
tions  are  shown  in  figure  3. 

An  error  has  been  found  recently  in  the  value  of  C^  as  originally 
given  by  Busemann,  (See  references  8  and  9. )  Hie  value  of  C^  used 
in  the  present  paper  is  that  given  in  references  8  and  9.  Values  of  Cj, 

C2,  and  C^  are  given  in  table  III. 

Each  equation  ^except  those  equations  for  contains  the 

factor  ^1—^0  +  ^^  02^^  which  can  be  regarded  as  a  reduction 

factor  representing  the  effect  of  the  finite  thickness.  When  the  trailing— 
edge  angle  0  is  zero,  this  factor  is  unity,  and  the  equations  become 
those  given  by  the  linearized  theory.  When  0  is  greater  than  zero,  the 
factor  is  less  than  unity,  which  shows  that  the  effect  of  the  finite 
thickness  is  to  reduce  the  absolute  magnitude  of  all  the  coefficients 
^except  Curves  of  this  reduction  factor  plotted  against  tralling- 

edge  angle  for  various  Mach  numbers  are  given  in  figure  1)-.  The  stopping 
point  of  the  curve  for  M  =  I.3  was  obtained  by  comparison  of  this  curve 
with  calculations  for  a  double-wedge  airfoil  with  flap  made  by  the  exact 
method  of  reference  10,  the  curve  given  in  figure  4  being  stopped  when  a 
10-percent  difference  between  the  two  curves  was  reached.  For  the  other 
values  of  Mach  number  noted  in  figure  4,  the  curves  given  practically 
coincided  with  the  exact  ciirves  for  the  entire  plotted  range  of  trailing— 
edge  angle. 
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The  recommended  range  of  application  (alao  obtained  by  comparison 
with  calculations  obtained  by  use  of  the  method  of  reference  10 )  is  given 
in  figure  5.  The  line  of  possible  flow  separation  at  0  =  30°  is  quite 
arbitrary  and  is  Intended  to  serve  as  a  warning  against  injudicious  use 
of  the  equations  rather  than  as  a  definite  boundary. 


Langley  Aeronautical  Laboratory 

National  Advisory  Committee  for  Aeronautics 
Langley  Field,  Va.,  May  I3,  1948 
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OOTBOABD  FLAES 
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Equation. 
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TABLE  n 

INBOARD  FLAPS 


Quantity 

Eq.uatloin 

number 

Eq.uatlon 

Bane© 

(v-u 

% 

6 

a 

0 

7 

a 

0 

1  -  ^ 
pA  c 

8 

'■«i,--|(i-r) 

a 

0 

H 

9 

\  3)tPA  bf/t ; 

1_  ff 

PA  c 
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pA  c 

/  Cf/C 

3PAbf/b 

33A  ^  \ 
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Figure  2.  -  Pressure  distributions  due  to  flap  deflection. 
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Figure  3.-  Variation  of  control -surface  characteristics  with  Mach  number  for  inboard  and  outboard  flaps. 
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Figure  5.  -  Recommended  region  of  applicability. 


